The use of composite materials in aircraft primary structure is becoming more common. Stiffened composite panels have been designed for a variety of load carrying conditions in aircraft. In this study, design consideration and manufacturing techniques for J stiffened composite panels were reviewed and discussed. Cocuring manufacturing technique was used to produce stiffened composite panels. Ultrasonic Cscan inspection was carried out to detect any defects in the panels. A finite element method was used to predict buckling and the post-buckled loads of the stiffened panels. The experimental buckling loads, as well as the failure loads, were in good agreement with the analytical results. The strain data from the tests were also in close agreement with those predicted by analysis. The structural efficiencies of tested panels were determined and compared with the same aluminum configuration. This paper presents the details of tooling, manufacturing techniques and test results.
INTRODUCTION
Composite flat-panel and tubular structures have been processed and fabricated at the Institute for Aerospace Research (IAR) of the National Research Council of Canada (NRC), but the manufacture of a composite stiffened panel presented some unique problems due to size, shape and close-tolerance requirements. The main objectives of this study were to explore technologies for manufacturing integral composite structures and to evaluate the manufacturing concepts by determining the structural behaviour of stiffened composite panels under compression loading. Stiffened composite panels having open-section stiffeners are generally easier to inspect non-destructively and to fabricate than panels having closed-section stiffeners. Since one of the objectives of this work was to establish processing techniques for multi-stiffener composite panels, a Jstiffened composite panel was selected for this study as it had an open-section stiffener, such as are commonly used in metallic structures.
DESIGN OF J-STIFFENED COMPOSITE PANEL
In a previous study of stiffened composite panels by the Structures, Materials and Propulsion Laboratory of IAR III, a literature search revealed that the design of the ply orientation and the number of plies depend on load magnitude and direction. Design and analysis studies of stiffened panels have been conducted by many researchers /2-5/, and some of their conclusions follow:
a. the outer plies should be ± 45° for all elements of the structure to carry the shear loads, b. at least one 0-degree ply (parallel to the load) should be adjacent to the outer (± 45°) plies, where it is applicable, c. it is more efficient to place the 90-degree plies next to the 0-degree plies (these 90° plies greatly improve the junctures between elements by providing resistance to out-of-plane displacements, thus both buckling and post-buckled strengths are increased. d. the 0° plies located in the cap and skin would improve the structural efficiency, but the number of these 0° plies should be carefully calculated for the particular load, e. the webs should be as near perpendicular to the skin as is possible in order to reduce peeling stresses in the flange-skin interface, and f. in order to minimize distortion, the plies should be oriented symmetrically about the midplane of the various elements.
Based on III and the above guidelines, a stiffened panel configuration, consisting of a flat 12-ply skin and three equally spaced longitudinal J-shape stiffeners, having a web of 12 plies, a flange of 5 plies and cap of 24 plies, was designed. Figure 1 shows the geometry, dimensions and stacking sequence of the panel.
MANUFACTURING CONCEPTS
The successful production of composite structures is based on a compromise among the design requirements, manufacturing restrictions and limitations of the materials. Hence, the manufacturing process is one of the most critical factors in the successful application of composite materials to aircraft structures. For the manufacture of stiffened composite panels, tooling and fabrication are critical and they were reviewed and discussed in Ref.
III.
For composite stiffened panels, stiffeners are assembled by following the designed ply orientation and stacking order for proper placement of prepreg tape on the tool. Open-section stiffeners can be laid either on the mandrels directly or on a flat base plate and then placed on the mandrels.
Two commonly used techniques for manufacturing composite stiffened panels are: a. stiffeners are integrally cured with the skin in one cure cycle (cocuring) III, and b. stiffeners and skin are cured separately and bonded together with an adhesive film in a secondary operation (secondary bonding) III.
Researchers /2-5/ have concluded that the secondary bonding technique is easier to apply than the cocuring technique for complex structures and it usually costs less in tooling due to its simplicity. However, the cocuring technique offers the following advantages:
a. large single piece structure can be made, b. the manufacturing process involves fewer operations, and c. fewer fit-up problems occur and less sealing is required in assembly, which reduces the costs.
The cocuring technique was selected to manufacture the stiffened panels used in this study.
FABRICATION OF THREE-STIFFENER PANELS
The composite material used in this study was unidirectional tape of Hercules IM6 carbon fibre preimpregnated with Narmco Materials 5245C resin. Typical mechanical properties of the cured material are presented in Table 1 . Figure 2 shows the assembly tools for the stiffener; Assembly of tooling parts and lay-up tool A was a U-shaped forming and curing tool (aluminum) for ail element of the J configuration and tool Β was an aluminum outer mould which was used to form one flange and to control the cap geometry. Also, a small metal bar (10 χ 3.2 mm or 0.39 χ 0.13 in) was placed on tool A adjacent to the cap laminate to control its thickness during cure. The skin lay-up tool was an aluminum plate, 13 mm (0.5 in) thick, 625 mm (24.6 in) wide and 865 mm (34.0 in) long. The surface of the tool was polished. Three sets of aluminum angle supports were machined from aluminum and bolted to the skin lay-up tool. Two small removable tabs were mounted at the ends of tool B. These tabs were pinned to the angle supports at one end while they were slotted at the other end to allow movement in the lengthwise direction. Aluminum sheets, 0.55 mm (0.02 in) thick and 635 mm (25.0 in) long, were used to cover the exposed skin lay-up which was not occupied by the stiffener flanges. The tooling assembly is shown in Figure 3 .
Fabrication Procedures for a Three-Stiffener Panel
The manufacturing sequence for the J-stiffened a. All of the tools for fabricating stiffeners and skin were coated with a non-silicone release agent prior to lay-up to ensure that the cured composite parts would easily separate from the tools. The prepreg material was removed from the freezer and allowed to reach room temperature before removal from its sealed bag. All stiffener and skin plies were cut in accordance with fibre direction configuration using templates. b. The first ply was placed down on a release fabric and the backing of the ply was then removed. (Note: this operation changes the ply orientation by 90°.) The forming tool A was positioned on the lay-up and the assembly was clamped to the lay-up table.
The release fabric was pulled against the tool and a straight bar was placed on each side of the tool and clamped. c. After the clamps and bars were removed, the assembly was rolled in the fabric and compacted in a vacuum bag. The procedure of b was used for each angle ply up to the mid-plane, whereas the 0° and 90° angle plies were stacked simultaneously with the previous angle ply. d. Beyond the mid-plane, the next angle ply was placed on the previous web and cap lay-up and the other flange was not formed at this point. A 25.4 mm (1.0 in) wide release strip was placed on the next angle ply as temporary separator in the flange area. The assembly was placed on the above angle ply, and 90° and 0° plies were laid up on the cap. The assembly was compacted using "C" clamps. e. Tools A and B' were mated and clamped, see Figure  4 . (Note: When clamping care must be taken to ensure that compaction is in two directions.) The remaining flange material was formed by laying ply by ply against tool Β (separator strips were removed), and clamped down for compaction. f. A filler was inserted and pressed down with a roller, (The filler was made of a 25 mm wide strip unidirectional material and folded to fit the cavity.) The "C" clamps were removed and the whole assembly was tightly wrapped in release fabric and compacted in the vacuum bag for a minimum of 30 min.
g. The precut plies for the skin were laid up on a caul plate. The aluminum cover sheets for the skin were positioned before the stiffener assemblies were placed on the skin with the flange material contacting the skin. h. Steel rods, 6 mm (0.24 in) in diameter, were placed in the corners· to reduce the bridging effect of the vacuum bag. Also, one ply of breather was placed over the whole assembly. The whole assembly was then vacuum bagged for the autoclave cure.
The prepreg manufacturer's recommended cure cycle for IM6/5245C was followed. Three stiffened panels were made using the cocuring technique and were identified as CJ1, CJ2 and CJ3.
Non-Destructive Inspection of the Panels
The panels were inspected in the IAR ultrasonic inspection facility using C-scan in the pulse-echo mode. In the pulse-echo mode, a single transducer was used as a transmitter and a receiver. Firstly, the transducer emitted ultrasonic waves which travelled through the material and were reflected from the backside of the material. The reflected signal (echo) was received by the same transducer. With this arrangement, the relative attenuation of the sonic waves was monitored as a function of position. Attenuation of the back echo indicated the presence of flaws which were detected and mapped.
C-scan plots of all panels indicated that all panels except one were free of detectable defects.
MODELLING
The initial buckling and post-buckled loads were predicted for the panels using a commercially available finite element program (MARC) described in Reference 161. The finite element model consisted of 500 elements in total (Figure 6 ), of which 440 were thick shell Finite element model elements with shear transfer capabilities and they had bilinear interpolation between the coordinates for the displacements and rotations (MARC element type 75). The other 60 elements were one-dimensional axial load elements (MJARC element type 9) representing the intersection between a stiffener and skin to model a filler from strips of unidirectional tape. It was estimated that the 3 fillers contributed approximately 7% to the overall stiffness of the panel.
The model had 485 nodes which included an extra node for enforced displacement or load application. This extra node was "tied" to the edge of the panel where the load was applied. This modelling approach ensured a correct reaction distribution during the postbuckling regime. A fully fixed boundary condition was assumed for the reaction edge and the unloaded edges were assumed to be free.
Elastic Buckling Analysis
The elastic buckling load was predicted by using an eigenvalue analysis based on a perturbation of the elastic stiffness matrix. This analysis used an algorithm which included a power sweep with Gram-Schmidt ortho-normalization.
The following eigenvalue equation was used during the analysis 
Nonlinear Analysis
The post-buckled loads were predicted using nonlinear analysis techniques. One technique was based on the enforcement of the displacement in the axial direction and it involved the application of the load in steps. In this analysis, the height (or length) of the panel was assumed to decrease in a decrement of 0.025 mm. Over a hundred decrements were necessary to predict the failure load. Two nonlinear factors were considered: i) the large deformation effect, and ii) the material properties.
The large deformation effect is a nonlinear change in the structural behaviour and eventually leads to a loss in stability. In the analysis the residual load correction was used to enforce global equilibrium at the beginning of each decrement. The equation for this correction is:
R=P-JßkrdV
Where: R = residual load correction Ρ = applied load β' = differential operator that transforms displacement to strains σ = generalized stresses V = volume A typical residual load correction curve is shown in Figure 7 . The residual load correction was kept under Residual load correction 0.0001 of the applied load on the panel per decrement.
The material nonlinearity was modeled with a progressive failure algorithm 161 based on the maximum stress failure criterion. During the computation, the stress state in each ply was calculated. When the calculated stress in the fibre was higher than the maximum fibre strength, the stiffness property of the fibre was assumed to equal the stiffness property of the matrix at that particular integration point. When matrix failure was predicted, its stiffness was assumed to equal one tenth of its original value. The element stiffness matrix was then recomputed by integrating across the plies with the updated properties. This process can be expressed in the following equations:
Fibre failure:
Matrix failure:
where:
Ει ι = Young's modulus in the fibre direction E22 = Young's modulus transverse to the fibre direction G12 = In-plane shear modulus V12 = Major Poisson's ratio 6. EXPERIMENT
Strain and Deflection Measurement
Based on a literature survey /l/, the maximum out-ofplane displacement of this type of stiffened composite panel would likely occur in the centre bay of the panel, near the midlength. Hence most of the strain gauges were bonded to the midlength area of the panel in order to capture critical strains in the buckled and postbuckled states. The selection of locations for the strain gauges was based on the preliminary assumption that they would be on the expected peaks and valleys of the buckled skin. Also, back-to-back axial gauges were selected for all the locations, except for those on the webs, to monitor the initial buckling. The gauges located on the webs were in a shear pair configuration.
A shadow Moird technique was utilized to
Design and Manufacture of Stiffened Composite Panels determine the out-of-plane deformations (buckling patterns) of the test panels. A dial gauge was used to determine the shortening (axial deflection) of the test panel.
Readings were recorded at pre-determined load levels and were plotted against the axial loads after the test. A typical load-axial displacement curve is shown in Figure 8 .
Testing
The ends of the panels were potted into a steel U channel using a room-temperature cured epoxy resin and it was assumed that the ends were fixed. The panels were tested in a universal testing machine. The test panel was placed vertically on a flat platen, and the upper end was positioned to contact a platen connected to the test machine. The compression load was increased at a relatively constant rate until the ultimate failure of the test panel occurred. A typical test set-up is shown in figure 9 .
Strain and load outputs were gathered by a data acquisition system (Sciemetric System 200) and recorded by a computer. Selected gauge outputs were monitored to verify that the load distribution in the panel was uniform. The shadow Moir£ technique was used to monitor buckling patterns and any delamination during the test. 
5.
The results showed that J-stiffened carbon-epoxy panels can be designed to carry a specified compression load with 32-36% less weight than is required by the aluminum J-stiffened configuration.
